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Introduction
Surface skin-friction drag is an important force affecting supersonic and hypersonic flight vehicles and vehicle propulsion systems. During the last 40 years, the NASA Dryden Flight Research Center (Edwards, California) has made a significant contribution to skin-friction research for high-speed flight. As early as 1967, Garringer and Saltzman' demonstrated the successful operation of a small, commercially available skin-friction gage on the X-15 aircraft (North American Aviation, Inc., Los Angeles, California) to Mach 4.9. They found that the influence of the wall-to-recovery temperature ratio on measured turbulent skin-friction values was not as large as expected. In 1969, Quinn and Olinge? extended skin-friction measurement on the X-15 aircraft to Mach5.25 and found that the experimentally determined Reynolds analogy factor was significantly higher than the theoretically predicted values. In 1973, Fisher and Saltzman3 measured the skin friction and boundary-layer velocity profiles at various locations on the XB-70-1 aircraft (North American Aviation, Inc., Los Angeles, California) to Mach 2.5. The skin friction was measured using a skin-friction force balance, a Preston tube, and a boundary-layer rake (using the Clauser plot method). Good agreement was obtained with the Karman-Schoenherr correlation at aircraft locations that had approximately two-dimensional (2D) flows. In 1980, Quinn and Gong4 measured skin friction, heat transfer, and boundary-layer velocity profiles on a hollow cylinder. The cylinder was mounted beneath a YF-12A aircraft (Lockheed Martin Aeronautics Company, Palmdale, California) at Mach 3.0. Quinn and Gong's results showed good wind-tunnel-to-flight skin-friction correlation.
Current hypersonic flight research efforts at NASA Dryden, primarily the X-43A research vehicle (Micro Craft, Inc., Tullahoma, Tennessee),' have made accurate skin-friction measurement even more critical than it has been in the past. In addition to flying at comparatively higher Mach numbers of 7.0 to 10.0, where external aerodynamic skin-friction drag is expected to be severe, the X-43A uses a scramjet engine through which flow remains supersonic. As a result, the skin-friction drag inside the X-43A scramjet engine can be significant as well.
Measuring skin friction in flight poses unique challenges in addition to those encountered in wind-tunnel testing. The gages and signal-conditioning systems must be compact to fit into tight spaces in the volume-limited flight vehicle. For ease of integration into the flight instrumentation system, the gages should not have any signal-conditioning requirement other than those supported by the flight vehicle. The gages and signal-conditioning systems are exposed to a wide variation of ambient pressures and temperatures in Right, and the test time in fight often is longer than in a wind-tunnel test. Most importantly, the gages must be robust to survive extreme conditions encountered in flight, such as stage-separation shock, g loads, vibration, electromagnetic interference, and engine-firing heat loads, and still provide accurate measurements.
To address the challenges of measuring skin friction in flight and to support the development of skin-friction gages and other near-wall flow sensors for flight research, a boundary-layer sensor panel has been developed for use on the NASA Dryden F-15B
describes the boundary-layer sensor panel and flight signal-conditioning system, evaluates flow quality over the sensor panel for both subsonic and supersonic flight conditions using previous F-lSBFIF flight data, and discusses results from a recent in-flight evaluation of a new rubber-damped skin-friction gage.
Flight Facility Description
The F -1 5 B R F is an aerodynamics and fluid dynamics research test bed at NASA Dryden.6 Figure 1 shows the F-l5B/FTF in flight, carrying the boundary-layer sensor panel. The FTF is the black, vertical, fin-shaped object mounted on the centerline of the F-15B lower fuselage. Primarily made of composite materials, the FTF was designed for flight research at Mach numbers to a maximum of Mach 2.0. Without the aft fairing, the FTF is 107 in. long, 32 in. high, and 8 in. wide. To improve the flow quality aft of the FTF, the aft fairing was used for the flight discussed in this report. The aft fairing adds an additional 18.8 in. to the length of the FTF, as shown in figure 2 . The boundary-layer sensor panel is the small white aluminum panel located toward the aft end of the FTE As shown in figure 2b , the flow at the proposed sensor panel location is relatively straight and uniform. The FTF noseboom provides local incoming flow properties in addition to the airdata provided by the aircraft noseboom. Signal-conditioning systems for the experiment are mounted inside the FI'F. figure 3 ) are present to provide local-wall static pressures on the surface of the sensor panel. In the top row, two static pressure taps are located in front of the Preston tube. In the middle row, two static pressure taps are placed across the skin-friction gage, and two static pressure taps are located in front of the rake in the bottom row. Space is available on the sensor panel to accommodate two skin-friction gages or other near-wall flow sensors. As figure 3 shows, only one skin-friction gage has been installed at location No. 1. The mounting hole for the second skin-friction gage has been filled with a matching aluminum blank plug at location No. 2.
As figure 3 shows, limited space on the sensor panel necessitates the mounting of the boundary-layer rake and the Preston tube 1.5 in. downstream of the skin-friction gages. Boundary-layer analysis for the F-15BIFTF flight conditions shows that this location mismatch should result in a skin-friction coefficient change of only 0.25 percent. This small change is well within the accuracy of direct skin-friction measurement gages, which is ?5 percent based on past skin-friction mea~urements.~ The location mismatch, therefore, is not expected to present problems in evaluating skin-friction gages. Furthermore, mounting the rake and the Preston tube downstream of the skin-friction gages reduces any interference effects that these intrusive instruments might have on the gages. The boundary-layer rake and the Preston tube used on the sensor panel have been designed and built specifically for the F-15BFI-F flight c0nditions.l As figure 4 shows, the rake has a curved body, which allows the pitot tubes to be more densely clustered in the near-wall region than conventional rakes allow. For the FTF boundary layer, the law-of-the-wall region extends approximately 0.5 in. above the surface of the FTF, and the pitot tubes are spaced on the curved portion of the rake such that approximately ten tubes are located inside this region. This number of tubes should be sufficient for computing the skin-friction shear stress using the Clauser plot method. The rake total height is 2.94 in., which allows it to span the entire F-15BFI-F boundary layer over the expected flight envelope. The centerline of the first pitot tube is approximately 0.04 in. from the wall. This boundary-layer rake has been found to give accurate measurements in a wind-tunnel test to a maximum of Mach 2.0.' Hopkins and Keener' discussed a method for sizing Preston tubes. Using their method and a representative F-15BFI-F flight condition at Mach 0.8 and an altitude of 30,000 ft, analysis has shown that the maximum Preston tube diameter for which a single calibration curve would be expected to be applicable is 0.312 in., and the minimum Preston tube diameter is 0.012 in.
Essentially the same range of Preston tube sizes is obtained using the sizing formulas from Allen." The current Preston tube outer diameter of 0.125 in. falls well within this allowable range. This Preston tube also has been found to perform well in a wind-tunnel test.' n 2.536 in. The various flow sensors and pressure taps on the boundary-layer sensor panel require an onboard signal-conditioning system. A compact and high-performance signal-conditioning system was configured for the boundary-layer sensor panel. Conditioned signals from each of the boundary-layer sensor panel measurements are added to the standard FTF data acquisition system, which is described by Richwine.6
Analog signal conditioning for the low-output-level skin-friction gages and heat-flux gages was provided by a multiple-purpose design containing bridge completion, gain, offset, and active three-pole Butterworth filtering. Each channel was configured individually for each sensor. Signal conditioning is located in close proximity to the boundary-layer sensor panel.
Pressure measurements, including all boundary-layer rake ports, the Preston tube, and surface static ports, are obtained using two temperature-controlled, electronically scanned pressure transducers sampled at a rate of 25 samples/sec. The surface static ports, Preston tube, and six boundary-layer rake ports nearest the surface are measured with a +5-lbf/in2 differential transducer.
Estimated uncertainty in these measurements is 20.018 lbf/in2. The remaining boundary-layer rake ports are measured with a k 10-lbf/in2 differential transducer. Estimated uncertainty in these measurements is 20.036 lbf/in2. The RTD, configured as one arm of a Wheatstone bridge with a three-wire hookup, measures wall temperature. Measurement uncertainty is estimated at 20.4 OF. Signal conditioning, including cold-junction compensation, is supplied for both Type-K and Type-T thermocouples installed in the skin-friction and heat-flux gages, respectively. In addition to the uncertainties associated with the specific thermocouple types, the measurement uncertainty from the onboard data system is estimated to be 22.0 OF.
Pre-Test Boundary-Layer Analvsis for Flows
Near the Boundary-Laver Sensor Panel During the design phase of the boundary-layer sensor panel, analysis of boundary-layer velocity profiles collected during previous F-lSB/FTF flight tests6 was conducted to determine the flow quality in the vicinity of the proposed sensor panel. An understanding of boundary-layer properties is important to determine the correct instrumentation size and location. Also, the Preston tube and Clauser plot methods assume a 2D, fully turbulent boundary layer. Therefore, the identification of flight conditions that produce 2D, fully turbulent boundary layers is important so that an evaluation of the skin-friction gage accuracy can be made.
Richwine published boundary-layer data for the entire matrix of flight conditions conducted in his experiment, covering a significant portion of the F-lSB/FI'F flight envelope.6 Boundary-layer velocity profiles near the current boundary-layer sensor panel location are available for altitudes of 15,000, 30,000, and 45,000 ft, at Mach numbers ranging from 0.39 to 2.0. An understanding of the local boundary-layer properties can be gained from analyzing this comprehensive database.
The van Driest effective velocity concept, as described by White," can be used to collapse the boundary-layer velocity profiles at different free-stream Mach numbers into the well-known incompressible law of the wall. Figure 5 compares the turbulent boundary-layer velocity profiles obtained at an altitude of 15,000 ft for aircraft Mach numbers ranging from 0.39 to 0.98. The velocity profiles at different Mach numbers all collapse into the ordinary incompressible law of the wall, and the agreement is good. The rake used in Richwine's flight experiment is a canted rake that spans approximately 5 in. across the flow. Because the velocity profiles do not have discontinuities, Richwine's rake data show that the flow is approximately 2D at this location. Figure 6 compares the turbulent boundary-layer velocity profiles obtained at an altitude of 30,000 ft for aircraft Mach numbers ranging from 0.51 to 1.48. Only the data from subsonic flights agree with the law of the wall. At supersonic Mach numbers, the velocity profiles are below the law of the wall, and the disagreement becomes larger at greater Mach numbers. Figure 7 compares the turbulent boundary-layer velocity profiles obtained at an altitude of 45,000 ft for aircraft Mach numbers ranging from 0.7 to 2.0. Again, only the data from subsonic flights agree with the law of the wall, a result similar to the data obtained at an altitude of 30,000 ft. At supersonic Mach numbers, the velocity profiles are significantly below the law of the wall. Starting at Mach 1.06, the velocity profiles move away from the law of the wall until Mach 1.39; then at Mach numbers greater than 1.39, the velocity profiles move back toward the law of the wall.
At supersonic Mach numbers, the disagreement between the velocity profiles and the law of the wall appears to be caused by shock formation over the FI 'F surface, as observed by Richwine.6 At transonic and supersonic Mach numbers, wall pressure data from his experiment indicated the presence of shocks over the FIT. Richwine observed that the shocks weakened at Mach numbers greater than 1.39.6 Figure 7 shows that the velocity profiles move back toward the law of the wall at Mach numbers greater than 1.39, a trend that corresponds with Richwine's observation.
The skin friction can be calculated from Richwine's boundary-layer velocity profiles using the Clauser plot method and the Fenter-Stalmach law of the wall, as described by Allen and Tudor.I2 Figure 8 presents the skin-friction results for altitudes of 15,000, 30,000, and 45,000 ft. Comparison with the incompressible Karman-Schoenherr correlation is possible, because the compressible skin-friction values have been transformed into the incompressible plane using the van Driest Il correlation, described by Hopkins and I n~u y e .~ A different Karman-Schoenherr curve exists for each altitude, because the Reynolds number changes with altitude.
For the three altitudes considered, the agreement with theory is good at subsonic Mach numbers, and the agreement worsens as the flight Mach number is increased toward Mach 1.0. At supersonic Mach numbers, the rake results diverge from theory, which indicates complex boundary layers. At an altitude of 45,000 ft, for aircraft Mach numbers between 1.16 and 1.69, the computation of skin-friction values using the Clauser plot method is not possible. At these particular conditions, the velocity profiles could not be made to fit the log-law profile, regardless of the skin-friction values. Figure 7. F-ISBFIF boundary-layer velocity profiles at 45,000 ft.
The results from this pretest analysis indicate that at subsonic aircraft Mach numbers, at any altitude in the F-lSB/FTF flight envelope, the evaluation of skin-friction gages in flight is possible using the boundary-layer rake and the Preston tube. At transonic and supersonic Mach numbers, however, the complex boundary layers over the FTF preclude accurate computation of skin-friction values using the Clauser plot and Preston tube methods. Other methods, such as a calibrated direct-measuring shn-friction gage, must be used to estimate shn-friction values. This type of skin-friction gage, however, is currently not available for the F-15BlFF. 
Measurements
The boundary-layer rake and Preston tube in the sensor panel provide the control skin-friction measurements used to evaluate new skin-friction gages, and a review of the accuracy of these approaches is important. Skin friction can be calculated from the boundary-layer rake data using two different methods: skin-fnction theory and the Clauser plot method. The theoretical skin-friction value is calculated from the van Driest I1 transformation and the Karman-Schoenherr correlation, the method recommended by Hopkins and Inouye. They reported that this method can predict the skin-friction value to within 10 percent of the data ons side red.^ AllenI3 compared the accuracy of several different Clauser plot methods and concluded that the Fenter-Stalmach and Baronti-Libby methods give the best results with accuracy of approximately 25 percent of the data considered. Allen preferred the Fenter-Stalmach method, because it is simpler than the Baronti-Libby formulation. The Fenter-Stalmach Clauser plot method is used in this report.
Finally, skin friction can be calculated from the Preston tube data. A popular Preston tube method for compressible turbulent boundary layers is the Bradshaw-Unsworth method.I4 Allen" found that this method is more accurate at comparatively higher values of calibration parameters defined in reference 16 than at lower levels. The F-1 5 B m flight conditions generally result in higher values of the Allen calibration parameters, and data published in reference 15 show that the Bradshaw-Unsworth method is expected to be accurate to approximately k10 percent.
In summary, the control skin-friction measurements provided by the boundary-layer rake and Preston tube in the sensor panel are expected to be accurate to within 1-10 percent. If more accuracy is desired, then a better method of control skin-friction measurement must be used. No other method, however, is presently available for flight research applications.
Flight Test of a New Rubber-Damped
Skin-Friction Gaee A new rubber-damped skin-friction gage was evaluated in flight using the boundary-layer sensor panel on the F-lSB/Fl'F. Magill, et al,I7 described an early design of the gage. Sang and Schetz" discussed a significantly improved and ruggedized version of this gage, which was specifically made for flight testing on the F-lSB/FI'F. Figure 9 shows a diagram of the gage, which uses a cantilever-beam, non-nulling approach, with a rubber sheet covering the top of the sensing disk. 
Environmental Test Results
Before it is accepted for use in NASA Dryden aircraft, new flight hardware is normally subjected to a series of rigorous environmental tests, including vibration, altitude (pressure), and temperature tests. In addition to qualifying the equipment for flight, these tests provide an opportunity to evaluate the performance of new sensors and equipment in the controlled environment of a ground laboratory. The specifications for the environmental testing of F-15B/FTF equipment are provided in reference 6.
For the vibration test on the new gage, the gage was securely mounted on a vibration table, and random vibration measuring 8 g rms was applied for 20 min in each of the 3 normal directions. The frequency for the vibration test ranged from 15 to 2000 Hz. Several modifications were done before the gage passed the vibration test. The first gages had glycerin fill tubes and caps that were loosely attached to the gage housing. For the gage to withstand the vibration tests, the tubes and caps were replaced by set screws. Later, when glycerin was not used to fill the gage cavity, the glycerin fill holes were left open.
Problems with strain-gage wiring also were discovered during the ground vibration tests. These skin-friction gage prototypes use semiconductor strain gages that are extremely delicate and small, the size of single strands of hair. In the first skin-friction gages delivered to NASA Dryden for this project, the relatively large electrical wires on the outside electrical connector were soldered directly to these delicate semiconductor strain gages, allowing forces on the external wiring connector to be transmitted directly onto the strain gages. Consequently, a slight movement of the wiring connector on the skin-friction gage housing would produce significant erroneous gage outputs. When the vibration test was first attempted, and the skin-friction gage was being mounted to the vibration table, the solder joints to the semiconductor strain gages broke, causing the skin-friction gage to become inoperative before any vibration was applied.
To solve this problem, aircraft-quality electrical connectors and wiring harnesses were used on subsequent skin-friction gages. To relieve the stress on the delicate semiconductor strain gages, an extra soldering pad was used inside the skin-friction gage housing. Small electrical wires were used between the internal soldering pad and the strain gages, and larger electrical wires were used to connect the soldering pad to the outside electrical connector. In addition, stress-relieving wiring loops were used inside the skin-friction gage housing to further isolate the delicate strain gages from forces on the electrical connector. After these modifications, the skin-friction gage passed the ground vibration test.
For the pressure and temperature environmental tests, the skin-friction gage was placed inside a sealed test chamber. The pressures and temperatures inside the chamber were varied to simulate conditions at altitude while the gage output was monitored. For the altitude (pressure) test, the gage was left at ambient temperature, and the pressures were varied between ambient and that of an altitude at 50,000 ft. For the temperature test, the temperatures were varied between -50 and 100 "E and the pressure was held at ambient value. Several different gage configurations were tested. The first skin-friction gages had significant sensitivity to changes in both pressure and temperature. With no glycerin fill (the configuration that was flown on the F-lSB/FTF), the gage was found to be relatively insensitive to changes in ambient pressure. The sensitivity to temperature changes, however, was significant, and it remains a serious flaw of this gage design.
In the first gage prototypes, only half of a Wheatstone bridge was used for the strain gages inside the skin-friction gage. Bridge completion was done through the signal-conditioning unit. This bridge arrangement caused serious, incomprehensible temperature sensitivity in the skin-friction gage, because half of the Wheatstone bridge was with the skin-friction gage inside the temperature test chamber, and the other half was in the signal-conditioning unit outside the test chamber. The use of a full Wheatstone bridge inside the skin-friction gage improved the temperature sensitivity by making it more repeatable. The use of an aluminum cantilever beam instead of a plastic cantilever beam inside the skin-friction gage further improved temperature sensitivity and repeatability. In addition, the aluminum cantilever beam provides a better bonding surface for the semiconductor strain gages than the plastic beam provides. Figure 10 shows the temperature sensitivity of the gage compared to the total calibrated gage output range for the F-lSBFlT skin-friction gage configuration flown. Significant temperature sensitivity still exists. The variation in the gage output over the expected temperature range in flight is approximately six times the total calibrated gage output. In other words, the gage output caused by temperature changes is many times larger than the expected gage output caused by skin friction. In addition, the data in figure 10 has a very wide hysteresis band.
In an attempt to correct the temperature sensitivity of the gage, a quadratic fit of the data (shown in figure 10 ) was made. This fit was used together with the rubber sheet temperature on the gage to subtract out the gage output caused by temperature alone. Although this approach does not eliminate the uncertainty caused by the wide hysteresis band, it removes the overall effects of temperature on the gage output. Figure 11 shows the results of the temperature correction scheme on the skin-friction gage laboratory calibration data. These calibrations were performed with rubber sheet temperatures ranging from 83 to 87 "E Although this is a narrow range of ambient temperature, it is wide enough to cause the uncorrected gage-calibration data to scatter. With the application of the temperature correction scheme, all of the temperature corrected data collapses into a single calibration line. Elight Test Results simultaneously constant, indicating steady-state conditions had been reached. The heat-flux sensors In-flight evaluation of a non-glycerin-filled malfunctioned during this flight; therefore no meaningful heat-flux data were collected. The wall rubber-damped skin-friction gage was performed using the F -l S B F F . On December 20, 2000, a dedicated skin-friction flight was conducted on an F-15B aircraft, NASA Dryden tail number 836. An FTF aft fairing was used for this flight. Figure 12 shows the profile for this flight. During the first portion of the flight, a sweep of three altitudes (15,000, 30,000, and 45,000 ft) was conducted. As the aircraft descended from 45,000 ft, the same sweep was conducted in reverse order to confirm data repeatability. At each altitude, four subsonic Mach test points (Mach 0.6, 0.7, 0.8, and 0.9) were obtained. At each test point, the F-15B aircraft maintained straight and level flight for approximately 2 min to maintain high flow quality and keep acceleration loads from influencing the skin-friction gage reading. Each of the test points shown in figure 12 was carefully chosen to assure a 2D, law-of-the-wall boundary layer over the sensor panel, as discussed previously.
temperature measurements, however, provide a good indication of wall heat-transfer rates. Figure 13 shows a plot of the ratio of the wall temperature as measured by the outside wall RTD to the calculated adiabatic wall temperature ( T w / T a w ) for all the flight conditions. The wall temperature is close to adiabatic wall temperature for most of the flight conditions, with T w / T a w ranges from 0.88 to 1.16. An "adiabatic wall-seeking '' temperature variation is generally observed. As the airplane climbs to higher altitudes, the warm wall cools towards the adiabatic wall temperature. Conversely, as the airplane descends, the cool wall heats up towards the adiabatic wall temperature. The in-flight variation of TWITaw is not expected to influence the accuracy of various instruments in the sensor panel. Hopkins and Inouye7 found that skin-friction theories can accurately When reducing flight data, care was taken to average flight conditions, including Mach number, altitude, angle of attack, and angle of sideslip, were ratios as low as 0.32 to 0.51.
predict the slun friction at TWITaw ratios greater than 0.3.
calibrations agree very well with the data at TWITaw only the data in the time intervals during which all the Also, Allen16 found that the compressible Preston tube Data from the wall static pressure taps indicate that very small streamwise pressure gradients exist in the vicinity of the sensor panel. The pressure gradient parameter as discussed by Patel," is plotted in figure 14 . In this figure, pressure gradients for the rake and Preston tube were computed using two wall pressure taps in front of the rake and two in front the Preston tube. Pressure gradients for the skin-friction gage were computed using one wall pressure tap upstream and one downstream of the skin-friction gage. Because the skin-friction gage pressure taps are located beside the boundary-layer rake, these taps also provide the streamwise pressure gradient beside the rake. Interestingly, the small adverse pressure gradient in front of the rake is almost exactly mirrored by the small favorable pressure gradient beside the rake, which shows that the rake is producing a small local pressure disturbance on the sensor plate in a manner similar to that of a small airfoil. The Preston tube produces less disturbance than the rake. The pressure gradient in front of the Preston tube is close to zero for all conditions.
The limiting values of A, as recommended by Patel for a maximum Preston tube error of 6 percent, are plotted in figure 14 . The A limits range from -0.007 to 0.015. As figure 14 shows, all pressure gradients are well within the Patel limits. Frei and Thomann2' also studied the Preston tube error caused by local pressure gradients. They found that the error depends on both the local pressure gradient and the Reynolds number (based on the local friction velocity and the Preston tube diameter) and published an empirical fit for the error. Using the Frei and Thomann empirical fit, the expected Preston tube error can be computed for the current flight experiment. Figure 14 shows that the local pressure gradient reaches a maximum of 0.003 at Mach 0.9, and an altitude of 45,000 ft. At this flight condition, the Reynolds number is 419. The expected Preston tube error based on the Frei and Thomann fit is approximately 0.7 percent. This error is well within the uncertainties of this instrument, and the local pressure gradient effects can be considered negligible for this experiment. Note that if the upper A limit value of 0.015 was used in the Frei and Thomann fit, then the error becomes approximately 6 percent, in agreement with Patel's findings. be derived from the Preston-tube calibration curve. Allen16 demonstrated that a number of popular compressible Preston tube calibrations can be reduced to the incompressible log law at the limit of zero free-stream Mach number. The findings pertaining to the Preston tube (discussed in the preceeding paragraph) can also apply to the Clauser plot method; therefore, the pressure gradient effects can be considered negligible for the Clauser plot method as well. Figures 15, 16, and 17 show the boundary-layer velocity profiles obtained in flight. Figure 15a shows data from the ascending portion of the flight, and figure 15b shows data from the descending portion of the flight, both at altitudes of 15,000 ft. Analogous labeling is used in figures 16 and 17 for the test points at altitudes of 30,000 and 45,000ft, respectively. No Mach-0.9, 45,OOO-ft test point exists for the descending portion of the flight (figure 17b), because this test point is at the top of the flight profile as shown in figure 12 . In calculating u+ and y+, the skin-friction values used were obtained from the actual local boundary-layer momentum thickness and the Karman-Schoenherr theory. When skin friction was calculated this way, compressibility was accounted using the van Driest I1 transformation. To compare data with the incompressible law of the wall, the van Driest effective velocity concept was used. As expected, good agreement was obtained between the measured velocity profiles and the law of the wall. Also, for most conditions, very good repeatability of data was achieved between the ascending and descending portions of the flight. In the descending portion of the 45,000-ft flight, however, the measured velocity profiles are noticeably above the standard log-law profile.
During the flight, the pilot had difficulty maintaining steadiness at the Mach-O.7,45,OOO-ft condition, because 0.7 is close to the low Mach number limit for the aircraft at this altitude. Figure 12 shows that as a result of this difficulty, very little time was spent at the Mach-0.7, 45,000-ft condition. This difficulty might have contributed to the large disagreement with the log-law profile shown in figure 17 . Interestingly, results derived from Richwine's data (figure 7) also show a worse correlation between skin friction and theory at a 45,000-ft altitude. Apparently, the boundary-layer The validity of both the Preston tube and Clauser plot methods is based on the well-known log law. Patel '' showed that constants in the incompressible log law can profiles at a 45,000-ft altitude do not correlate with the log-law profile as well as boundary-layer profiles at lower altitudes.
In figures 18, 19, and 20, the boundary-layer profiles also are compared with the 1/7th-power-law profile, a popular approximation for turbulent flat-plate boundary layers. " The measured boundary-layer profiles are in agreement with both the 1/7th-power-law profile and log law, which indicates that a flat-plane condition has been reached. At subsonic aircraft Mach numbers, Richwine's boundary-layer profiles also are in good agreement with the V7th-power-law profile. At supersonic aircraft Mach numbers, however, Richwine's profiles do not agree with the power law. Sang and Schetz suggested "mildly 3D' flows as a possible reason for the disagreement between the gage measurements and other results,'8 but this is not likely the reason. The conditions for this flight test were carefully chosen from the pretest analysis results. Only flight conditions that produce nearly 2D, law-of-the-wall turbulent boundary layers were used. The quality of the boundary layers obtained during the flight test is further validated by good agreement among the Preston tube results, Clauser plot results, and theory. As previously discussed, small local variations in wall temperature and streamwise pressure gradients are present; but they are not likely to cause the large differences between the skin-friction gage measurements and theory.
Sang and Schetz" also suggested temperature mismatch between the rubber sheet and the surrounding wall as a cause of the erratic gage outputs, but this is not likely the cause either. As shown in figure 22, temperature differences exist between the rubber sheet and the wall, but the differences are small. The ratio of rubber-sheet temperature to the wall temperature (mismatch temperature ratio) ranges from 0.94 to 1.07. The mismatch temperature ratio of 1.07, the largest temperature mismatch during the entire flight, occurred during the descending portion of the Mach-0.9, 15,000-ft condition.
Westkaemper examined the effects of temperature mismatch on direct measurements of drag at Mach 5 and mismatch temperature ratios from 0.92 to 1.09 on a flat plate.21 He found that "there was no apparent correlation of the drag variation with the conditions of temperature mismatch." The drag variation found in Westkaemper's experiment was within the repeatability of 22 percent of his measurements; therefore, "the variation in drag did not appear to be related to the mismatch condition, but appeared rather to be random in nature." Voisinet22 studied the effects of temperature mismatch for Mach numbers of 2.9 and 4.9 and larger mismatch temperature ratios ranging from 1.1 to 2.7. Using an empirical correlation of his data, Voisinet found that the skin-friction variation in Westkaemper's experiment was indeed negligible.
For the current F-lSB/FI'F experiment, the expected error in skin-friction values caused by temperature mismatch can be computed using Voisinet's empirical correlation. At the Mach-0.9, 15,000-ft, descending flight condition, the Reynolds number is 6 I 3.98 x 10 per ft or 1.3 x 10 per m, which is in the middle of the range of Voisinet's data. Figure 10 in Voisinet's report shows that at this Reynolds number, the expected skin-friction error per degree of temperature difference is approximately 0.042 (N/m2)/K or 0.0005 (lbf/ft2)/R. The temperature mismatch is approximately 33 R, resulting in a skin-friction error of 0.017 Ibf/ft2. With a nominal skin friction value of 1.47 Ibf/ft2 as predicted by theory, the error caused by the temperature mismatch is approximately 1 percent, which is well within the uncertainties of the current approaches. The temperature mismatch effects, therefore, can be considered negligible for this experiment.
Possible causes of the skin-friction gage failure during the flight test include the temperature sensitivity of the semiconductor strain gages, faulty installation of the strain gages, mismatch of the strain gages, and the temperature sensitivity of the rubber sheet. The rubber sheet can unevenly expand and contract in response to the ambient temperature changes during flight, inducing extraneous forces on the sensing element of the skin-friction gage. Because of the plastic-elastic nature of the rubber sheet, the effect can be highly non-linear and non-repeatable, which causes the failure of the temperature compensating algorithm in flight. The rubber sheet can modify the local wall surface. The rubber sheet is not suitable for skin-friction measurements in hot flows, such as a scramjet combustor. Because of these problems, semiconductor strain gages, as well as rubber or polymer materials, should be avoided in the construction of skin-friction gages used in flight test applications. Instrumentation on the sensor panel includes a boundary-layer rake, temperature sensors, static pressure taps, and a Preston tube. Space is also available for skin-friction gages or other near-wall flow sensors.
Pretest analysis of previous F-lSB/FTF flight data has identified flight conditions suitable for evaluating skin-friction gages. At subsonic Mach numbers, the boundary layer over the sensor panel closely approximates the two-dimensional (2D), law-of-the-wall turbulent boundary layer, and skin-friction estimates from the Preston tube and the rake (using the Clauser plot method) can be used to evaluate skin-friction gages and other near-wall sensors. At supersonic Mach numbers, the boundary layer over the sensor panel becomes complex, and other means of measuring skin friction are needed to evaluate the accuracy of new skin-friction gages.
Results from the flight test of a new rubber-damped skin-friction gage confirm that at subsonic Mach numbers, nearly 2D, law-of-the-wall turbulent boundary layers exist over the sensor panel location. The boundary layers are in good agreement with both the law of the wall and the 1/7th power law. At subsonic Mach numbers, the high quality of flows over the sensor panel enables in-flight evaluation of skin-friction gages and other near-wall sensors. In-flight evaluation of a new rubber-damped skin-friction gage prototype showed that the gage did not work in flight. The skin-friction gage measurements did not agree with the control measurements and theory. The gage failure in flight was probably caused by the temperature sensitivity of both the rubber sheet and the semiconductor strain gages used in the skin-friction gage. Because of these problems, semiconductor strain gages, as well as rubber or polymer materials, should be avoided in the construction of skm-friction gages used in flight test applications.
